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Abstract. Applications have increasingly been made in substituting conventional mechanical fasteners by adhesive 

joints, especially in the aircraft and aerospace industries, where weight is a predominant factor. The presence of flaws 

such as defects in the adhesive layer between the skin and the stiffener may greatly affect the structural behavior of 

composite panels. The load transfer from the adherent to the adhesive is expected to be different from the idealized 

joint. In addition, localized stress concentrations induced by irregular adhesive defects that may be found in practical 

engineering applications can further reduce the strength of the stiffened composite panels. Within this context, this 

work presents a numerical investigation on the effects of skin-stiffener bonding flaw size on the post-buckling behavior 

of composite panels. The proposed model takes into account material and geometrical non-linearities in order to 

predict the structural response up to the collapse of the structure. In order to model the damage in the composite 

panel, a Continuum Damage Mechanics failure Model at meso-scale is combined with a newly developed contact logic 

to predict skin-stiffener debonding. The analysis were carried out using ABAQUS FE code. Quasi-static simulations 

using dynamic relaxation were performed for four different specimens with initial skin/stiffener debonding lengths of 0, 

10, 30 and 50 mm.  The simulated panels were loaded under axial compression up to the collapse, observing the 

progressive skin/stiffener debonding as well as its effects on the global structural behavior of the panels. 
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1 INTRODUCTION 

Fiber-reinforced composite materials have seen increased used in the aerospace industry as a result of their high 

specific strength and stiffness, amongst other properties. Harris et al (2002) show how the developments in construction 

using composite materials are following the growth and expansion of the aviation industry, starting with the design of 

parts of minor structural requirements. The developments progressed with the replacement of parts with considerable 

importance to the aircraft, finally evolving to the replacement of items which are  critical to the performance of the 

aircraft. However, the application of post-buckling design with composite structures has been limited, as current 

analysis tools are not capable of accurately represent the damage mechanisms that lead to structural collapse of 

composites in compression. The critical failure mechanisms for stiffened composite structures in compression are skin-

stiffener debonding, which includes adhesive failure in secondary-bonded structures or delamination at the skin-

stiffener interface in co-cured structures, and fibre fracture in the stiffeners. Matrix cracking is generally not considered 

to be critical to structural collapse, but can have important local effects, so it is also an important failure mode.  

The post-buckling and damage behavior of composite stiffened panels have been widely discussed in the open 

literature (Zimmermann et al, 2006, Degenhardt et al, 2007, Orifici et al, 2008 a-b). Many works have focused on the 

development of numerical models capable of predicting the skin-stiffener debonding of composite structures in the post-

buckling regime (Krueger and Minguet, 2005, Bisagni, 2006, Degenhardt et al, 2008, Mikulit et al, 2008, Orifici et al, 

2008 c-d). 

Recently a considerable effort has been dedicated towards the development of fast and reliable design procedures for 

buckling, post-buckling and collapse analysis of fiber composite stiffened panels through the COCOMAT and 

POSICOSS European projects (Degenhardt et al, 2006).  

2 OBJECTIVES 

The main goal of this paper is to present a numerical investigation on the effects of skin-stiffener bonding flaw size 

on the post-buckling behavior of composite panels subjected to compression loading. Variations in maximum load and 

stiffness of the specimens will be evaluated according to the length of the initial defect. The numerical results allow to 

define a maximum acceptable defect size for use in quality control during production of the stiffened panel. Likewise, a 

maximum skin/stiffener debonding length may be set to use during the inspection process in operation. 

 

 

 



Proceedings of COBEM 2011         21
st
 Brazilian Congress of Mechanical Engineering 

Copyright © 2011 by ABCM October 24-28, 2011, Natal, RN, Brazil 

  

 

3 FINITE ELEMENT MODEL 

Simulations were carried out using ABAQUS® FE code to estimate the post-buckling behavior of stiffened 

composite panels. The proposed model takes into account material and geometrical non-linearities in order to predict 

the structural response up to the collapse of the structure. In order to model damage in the composite panel a Continuum 

Damage Mechanics Failure Model at meso-scale is combined with a newly developed contact logic to predict skin-

stiffener debonding. The simulated panels, with initial skin/stiffener debonding lengths of 0, 10, 30 and 50 mm, were 

loaded under axial compression up to the collapse, observing the progressive skin/stiffener debonding as well as its 

effects on the global structural behavior of the panels. 

The finite element model used in this work is shown in Fig. 1. The model is composed of three main parts: a skin, a 

stiffener and the skin-stiffener interface. The geometry of the stiffened panel is shown in Fig. 2 (a) and a cross-sectional 

view is presented in Fig. 2 (b). The stacking sequences are shown in Tab. 1. The thickness adopted in the skin-stiffener 

interface (h) is 0.02mm. The mechanical properties of the material used in this study are presented in Tab. 2, where Ei is 

the Young modulus, Gij is the in-plane shear modulus, µij is the poisson ratio, Sij
k
 is the material strength associated with 

the failure mode k in the local direction defined by the subscripts ij ( k t=  for failure in tension, k c=  for failure in 

compression and 1i j= = and 2i j= =  refer to the fiber and matrix directions, respectively and i j≠  refer to in-plane 

shear direction), Gij
k
 is the intralaminar fracture toughnesses associated with the failure mode k in the local direction 

defined by the subscripts ij, GS is the in-plane shear intralaminar fracture toughness, t is the thickness layer. GIC, GIIC 

and GIIIC are the interlaminar fracture toughnesses for mode I, II and III of delamination respectively. 

The stacking sequence and the material properties were taken from a previous experimental work of Arbelo (2008). 

In the cases studied with initial bonding flaws, the model considers a region without any interface between the 

panel and stiffener. Additionally, contact effects between the skin and the stiffener are considered in order to avoid 

interpenetration between the components. 

 

 
 

Figure 1. Finite element model. 
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Figure 2. a) – b) Geometry of proposed stiffened panel (out of scale). 

 

Table 1. Stacking sequence of proposed stiffened panel (Arbelo, 2008).  

Section Stacking sequence 

Skin 45°
(F)

/0°
(F)

2/45°
(F)

/0°
(F)

2/45°
(F)

 

Section A 45°
(F)

/0°
(T)

2/45°
(F)

/0°
(T)

7/45°
(F)

/0°
(T)

2/45°
(F)

 

Section B 45°
(F)

/0°
(T)

2/45°
(F)

/0°
(T)

2 

Section C 45°
(F)

/0°
(T)

2 

         
(F)

: Fabric; 
(T)

: Tape 

 

Table 2. Mechanical properties of materials (Arbelo, 2008). 

Tape 

E1 (GPa) = 125 E2 (GPa) = 9.4 G12 (GPa) = 4.7 µ12  = 0.32 S11
T
 (MPa) = 1800 

S11
C
 (MPa) = 1200 S22

T
 (MPa) = 30 S22

C
 (MPa) = 160 G11

T
 (kJ/m

2
) = 160 G11

C
 (kJ/m

2
) = 25 

G22
T
 (kJ/m

2
) = 10 G22

C
 (kJ/m

2
) = 2,2 S12 (MPa) = 105 GS (kJ/m

2
) = 2,2 t (mm) = 0,19 

Fabric 

E1 (GPa) = 60 E2 (GPa) = 58 G12 (GPa) = 4.5 µ12  = 0.07 S11
T
 (MPa) = 600 

S11
C
 (MPa) = 750 S22

T
 (MPa) = 590 S22

C
 (MPa) = 700 G11

T
 (kJ/m

2
) = 160 G11

C
 (kJ/m

2
) = 25 

G22
T
 (kJ/m

2
) = 10 G22

C
 (kJ/m

2
) = 2,2 S12 (MPa) = 125 GS (kJ/m

2
) = 2,2 t (mm) = 0,21 

Interface 

h (mm) = 0,02 E3 (GPa) = 2,9 G13 (GPa) = 1.08 G23 (GPa) = 1.08 S33 (MPa) = 50 

S13 (MPa) = 100 S23 (MPa) = 100 GIC (kJ/m
2
) = 0,58 GIIC (kJ/m

2
) = 3,5 GIIC (kJ/m

2
) = 3,5 

 

4 MESO-SCALE CONTINUUM DAMAGE MECHANICS MODEL FOR COMPOSITE MATERIALS 

The formulation proposed to model progressive failure in composites is based on the smeared cracking approach and 

has been extensively tested and validated in previous work (Donadon et al 2005, 2008, 2010, Yokoyama et al 2010, 

Arbelo et al 2010). The smeared cracking formulation relates the specific or volumetric energy, which is defined by the 

area underneath the stress-strain curve, with the strain-energy release rate of the material. The method assumes a strain 

softening constitutive law for modeling the gradual stiffness reduction due to the micro-cracking process within the 

cohesive or process zone of the material. In order to avoid pathological problem associated with strain localization and 

mesh dependence during softening, the softening portion of a stress-strain curve is adjusted according to the element 

topology and cracking direction for each failure mode using an advanced objectivity algorithm.  

4.1 Failure criteria 

The failure criteria used to detect damage initiation for all in-plane failure modes are all based on the maximum 

stress criteria (tested and validated in previous work by Donadon et al, 2008; Yokoyama et al, 2010; and Arbelo et al, 

2010) and they are given in the general form as follows: 

 

( ) 1 0
ijk

ij ij k

ij

F
S

σ
σ = − ≥            (1) 
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where ( )
k

ij ij
F σ  is the failure index associated with the failure mode k , where k t=  for failure in tension, k c=  for 

failure in compression and k s=  for failure in shear. 
ij

σ  are the stresses acting on each layer at the local material 

coordinate system, where the subscripts 1i j= = and 2i j= =  refer to the fiber and matrix directions, respectively and 

i j≠  refer to in-plane shear direction. 
k

ij
S  is the material strength associated with the failure mode k  in the local 

direction defined by the subscripts ij .  

4.2 Damage evolution laws 

4.2.1 Damage evolution law for fiber failure and matrix cracking 

The general expression proposed for the damage evolution laws in the fiber and matrix directions is given as 

follows: 

 

,1 ,2 ,1 ,2 ,1 ,2
( , )

ii i i i i i i
d λ λ λ λ λ λ= + −           (2) 

 

with 

,0

,1 *

,0

2

2

t tt

ii iii

i t t t t

ii ii i ii

G

G S l

ε ε
λ

ε ε

 −
=  

−  
          (3) 

 

,0

,2 *

,0

2

2

c cc

ii iii

i c c c c

ii ii i ii

G

G S l

ε ε
λ

ε ε

 −
=  

−  
          (4) 

 
where i assumes value equals to one for fiber failure and two for matrix cracking. The values for both functions 

,1 ,2
, [0,1]

i i
λ λ ∈ . t

ii
G  and c

ii
G  are the intralaminar fracture toughnesses in tension and compression, respectively. 

,0

t

i
ε  and 

,0

c

i
ε  are maximum strains prior to catastrophic failure in tension and compression, respectively. In order to account for 

damage irreversibility effects max

,0
max ( ) ,k k

ii ii i
tε ε ε =    where max ( )

ii
tε  is the maximum achieved strain in the strain 

versus time history. The superscript k  refers to the fiber failure mode, that is, k t=  for failure in tension and k c=  for 
failure in compression. The characteristic length *

l  is used for mapping the material process (or microcracking) zone 
into the finite element mesh. For fiber failure modes *

l  is computed in terms of the isoparametric coordinates ( , )
l m

ξ η  
for each integration point m  according to the following expression, 

 
1

*

1

( , ) ( , )
( , ) cos( ) sin( )

nc

l m m l m m

m m m m l

l

N N
l

x y

ξ η ξ η
ξ η θ θ φ

−

=

  ∂ ∂
= +   ∂ ∂  
∑       (5) 

 

where 
m fibre

θ θ=  being 
fibre

θ  the fiber orientation angle for each integration point for fiber failure and 
0

90
m fibre

θ θ= +  for 

failure in the matrix direction. For a shell element with four nodes 4
c

n = , ( , )
l m m

N ξ η  are bi-linear interpolation 

functions and 
l

φ  is defined as crack band discontinuity function. Details about the derivation of the expression for the 

characteristic length for orthotropic smeared cracking modes can be found in Donadon et al (2008).  

4.2.2 Damage evolution law for in-plane shear failure 

The damage evolution for in-plane shear failure is given by 

 

( )
( )( )

12, 12 12,0 12,

12 12

12, 12,0 12 12 12,0

2
( )

in

f f

in in

f

d
γ γ γ γ

γ
γ γ γ γ γ

 − − =
+ − −

         (6) 

with 

 

12, *

12

2
s

f

G

S l
γ =             (7) 

 

where 
12,0

inγ  is the inelastic strain at failure and 
s

G  is the in-plane shear intralaminar fracture toughness. The 

characteristic length *
l  for in-plane shear failure is assumed to be the same as the one used for fiber failure modes. 
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4.3 Non-linear rate dependent in-plane shear model 

The observed behavior of glass and carbon fiber laminates generally shows marked rate dependence in matrix 

dominated shear failure modes and for this reason a rate dependent constitutive model has been used to model the in-

plane shear behavior. The constitutive model formulation is based on previous work carried out by Donadon and 

Iannucci (2006), and it accounts for shear non-lineatities, irreversible strains and damage within the Representative 

Volume Element (RVE) of the material. The stress-strain behavior for in-plane shear failure is defined as follows: 

 

12 12 12
Gτ α γ=             (8) 

 

with 

 

( )0 2 12

12 12 1
1

c
G G c e

γ−= + −           (9) 

 

where 0

12
G  is the initial shear modulus and 

1
c  and 

2
c  are material constants obtained from in-plane shear tests. α  is the 

strain-rate enhancement given by the following law: 
 

12

31
c

e

γ

α = +
&

            (10) 

 
where 

3
c  is a material constant obtained from dynamic in-plane shear tests. By decomposing the total shear-strain into 

inelastic 
12

inγ  and 
12

eγ  elastic components, the inelastic shear strain can be written in terms of the elastic and total strain 

components as follows: 
 

12 12

12 12 12 12 0

12

( )in e

G

τ γ
γ γ γ γ= − = −           (11) 

 

4.4 Stress degradation procedure  

The resultant degraded stresses at ply level are given by: 

 

11 1111 1 2

22 11 1 2 22 1 2 22

12 1212 12

(1 ( , )) 0 0

0 (1 ( , ))(1 ( , )) 0

0 0 (1 ( ))

d f f

d f f m m

d

d

d d

d

σ σλ λ

σ λ λ λ λ σ

γτ τ

    −
    

= − −    
    −    

    (12) 

 

where 

 

11 1111 12 22

22 21 11 22 22

12 21

1212 12

0
1

0
(1 )

0 0

E v E

v E E
v v

G

σ ε

σ ε

τ γ

    
    =    −        

        (13) 

 

5 SKIN-STIFFENER DEBONDING CONTACT LOGIC 

The contact logic is defined in terms of tractions and relative displacements between the upper and lower surfaces 

defining the interface. The relative displacement vector is composed of the resultant normal and sliding components 

defined by the relative movement between upper and lower surfaces of the contact element (see Fig. 3 (a)). The criteria 

for damage initiation and damage progression are given by Eq. (14) and (15), respectively. The constitutive law for a 

three dimensional stress case is shown in Fig. 3 (c). Gi is the strain-energy released rate defined by Eq. (16). Kii is the 

interfacial stiffness in the direction ii, for i = I, II, III, and d is the damage parameter defined in Eq. (17). The mixed-

mode delamination damage onset displacement vector is given in Eq. (18), and the final resultant displacement 

associated with the fully debonded interfacial behavior is given in Eq. (19). α , and β  are defined in Fig. 3 (b), and 

they are the angles that define the orientation of the resultant relative displacement vector. Details about the formulation 

are given in Donadon, et al (2009). 
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Figure 3. Contact-logic: (a) 3D contact element, (b) Resultant displacement vector, (c) Constitutive law. 

(Donadon et al, 2009) 
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6 POST-BUCKLING SIMULATION 

6.1 Model Parameters 

The finite element model was constructed using the ABAQUS software. Quasi-static simulations using dynamic 

relaxation were performed for four different specimens with initial skin/stiffener debonding lengths of 0, 10, 30 and 50 

mm. The simulated panels were loaded under axial compression up to the collapse. A two-dimensional S4R element 

was used to model the skin and stiffener. The element has four nodes and it allows the definition of layers with different 

orientations through the thickness via user-defined integration rule. The modeling of the skin-stiffener interface was 

performed using the three-dimensional element C3D8R, which has eight nodes. Analysis of mesh sensitivity was 

performed for each configurations of the adopted initial imperfection, ensuring convergence of results in each case. The 

boundary conditions used for the analysis are presented in Fig. 4, where Tx, Ty and Tz represent the restriction of 

translation in the horizontal, vertical and out of plane axis respectively. 

 

 

 

 

 

 

(a) (b) (c) 
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Figure 4. Boundary conditions of finite element model. 

 

Table 3 shows the number of elements used in each model corresponding to the initial imperfection. 

 

Table 3. Number of elements used in each model.  

Model Skin / Stiffener elements (S4R) Interface elements (C3D8R) 

d = 0 4320 1320 

d = 10 mm 6048 1628 

d = 30 mm 5544 1364 

d = 50 mm 5832 1232 

 

6.2 Results 

Compression simulations were performed for stiffened panels with different levels of initial flaws. In the same way, 

a perfectly stiffened panel was also considered for comparison purposes. Figure 5 shows the results for compression 

load versus displacement. The solid circles present on the curves represent the initiation of the debonding propagation 

for each case. Table 4 shows, for each value of initial flaw, the maximum load and the decrease of load in percentage in 

models with initial imperfections compared to the perfect model. 

 

 

Tx; Tz 

Tx; Ty; Tz 

Load (N) 
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Figure 5. Compression load versus displacement for each simulation. 

 

Table 4. Ultimate compression load comparison. 

Model Ultimate Load (N) Decrease of maximum load (%) 

d = 0 70982 0 

d = 10 mm 70935 0.1 

d = 30 mm 56458 20.5 

d = 50 mm 39327 44.6 

 

Some conclusions can be made by analyzing Fig. 5. For all simulated cases, the buckling of the stiffened panel 

occurs when the compressive load reaches approximately 35 kN. The compression load curve obtained from the model 

with an initial flaw of 10 mm in nearly equal when compared with the load curve of the perfect model. Moreover, for 

imperfection values of 30 and 50 mm, the local buckling of the stiffened panel begins to influence the general behavior 

of the structure, implying a reduction in the maximum load. It is also seen that for low values of imperfection, the 

initiation of debonding propagation between the panel and the stiffener coincides with the ultimate load of the 

component. For high values of initial flaws between the panel and the stiffener, the phenomenon of local buckling of the 

component is predominant in the debonded area. For these models, the debonding propagation between the skin and the 

stiffener occurs at constant load up to the catastrophic failure. 

Similar results can be found in the work of Bisagni (2006) and Orifici et al (2008d). Experimental studies will be 

addressed in order to validate the finite element model. 

7 CONCLUSION 

A new methodology to modeling stiffened panels subjected to compressive load was presented and discussed in this 

work. The results show that the presence of imperfections in the skin-stiffener interface may cause a decrease in the 

ultimate load due to local buckling phenomena in the initial debonded area. 
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